Through the use o f t h e o r e t i c a l p r e d i c t i o n s o f f l u i d p r o p e r t i e s , and exper-, imental heat t r a n s f e r and thrust. measurements, the zones o f laminar, t r a n s i -CO t i o n a l , and t u r b u l e n t boundary-layer f l o w were d e f i n e d f o r the NASA Lewis 1030:l area r a t i o r o c k e t nozzle. Tests were performed on the nozzle a t cham-0 * ber pressures from 350 t o 1000. psia. For these c o n d i t i o n s the t h r o a t diameter I u
INTRODUCTION
The o b j e c t i v e o f t h i s study was t o determine the r o c k e t engine chamber pressure a t which the boundary-layer f l o w i n the NASA Lewis 1030:l nozzle can be considered t o be laminar, and a t which pressure i t w i l l be t u r b u l e n t . This information i s needed i n i n t e r p r e t i n g the measured t h r u s t performance o f the nozzle and t o a c c u r a t e l y p r e d i c t i t s performance f o r s p e c i f i c t e s t conditions. I n 1986, the performance of a 1030:l r o c k e t nozzle a t a chamber pressure o f 350 p s i a was measured a t the NASA Lewis Research Center ( r e f . 1). A subsequent study determined t h a t the f l o w w i t h i n the nozzle was laminar ( r e f . 2). There i s a need t o determine the chamber pressure which w i l l produce f u l l y developed t u r b u l e n t boundary-layer f l o w i n the nozzle since t u r b u l e n t f l o w produces more viscous drag than laminar f l o w and occurs i n most h i g h Reynolds number nozzle flows. Thus, the zones o f laminar, t r a n s i t i o n a l , and t u r b u l e n t boundary-layer The propellants used were gaseous oxygen and gaseous hydrogen. Thrust measurements and nozzle outer-wall temperature measurements were taken during the 3-sec test runs. The hardware tested was an optimally-designed nozzle with a 2S0 half angle o f convergence, a 1-in. throat diameter, a contraction area ratio o f 4.223:l and an exit area ratio of 1030:l. The copper throat section was water-cooled and extended to an area ratio of 30:l. The nozzle skirt section was made o f 0.25-in. carbon steel and was heat sink.
In this report, the experimental heat transfer and thrust measurements are first compared to those predicted for laminar and turbulent flow to determine the state o f the boundary-layer development. Then, predicted flow conditions will be used in conjunction with results from previous relaminarization studies 
Figure 1 illustrates boundary-layer development as it is assumed t o occur along the contour of a small rocket engine thrust chamber. The flow is assumed to be stagnant at the interface of the injector and combustor. From there, a laminar boundary layer develops which transitions t o turbulent. This transition may o r may not be completed depending upon the combustor length. If the transition is complete, the turbulent flow may be suppressed by the effects of acceleration (relami narization). If there is complete suppression of turbulence, the boundary layer becomes laminar. As the flow continues through the nozzle, if the fluid properties produce a Reynolds number high enough t o cause transition, it transitions to turbulent.
Transi t i o n o f a boundary l a y e r from 1 aminar t o t u r b u l e n t f l o w occurs as the Reynolds number increases. Determining the p o i n t a t which t r a n s i t i o n begins depends upon the f l o w c o n d i t i o n s and, even i n t h i s day o f h i g h technology, i s s t i l l considered a "black a r t . " The key t o determining t r a n s i t i o n i s t o determine the s t a b i 1 i t y o f the boundary l a y e r and, t h e r e f o r e , the c o n d i t i o n s which cause s t a b i l i t y o r i n s t a b i l i t y . O v e r a l l , accelerated f l o w s (dpldx < 0, favorable pressure gradient) 1 i k e those which occur i n a r o c k e t nozzle, are considered more s t a b l e than decelerated flows (dpldx > 0, adverse pressure grad i e n t ) ( r e f . 3 ) . Therefore, accelerated f l o w s would tend t o t r a n s i t i o n a t a .
higher Reynolds number. Also, the t r a n s f e r o f heat from the f l u i d (gas) t o the w a l l causes the l i m i t o f s t a b i l i t y t o be l a r g e r ( r e f . 3 . ) . Therefore, based upon heat transfer, t r a n s i t i o n i n a r o c k e t nozzle would occur a t a higher Reynolds number. Conversely, t r a n s i t i o n occurs a t a lower Reynolds number on a rough wall than on a smooth w a l l . I n general, the f l o w c o n d i t i o n s i n a smooth-wal 1 ed r o c k e t nozzle promote s t a b i 1 i t y i n the boundary 1 ayer.
Relaminarization i s one o f the names given t o the phenomena whereby boundary-layer turbulence i s suppressed by f l o w a c c e l e r a t i o n ( f a v o r a b l e pressure gradient). To show the r e l a t i o n s h i p between boundary-layer development and acceleration, l e t the a c c e l e r a t i o n parameter K be defined as:
Then, the momentum i n t e g r a l equation f o r t u r b u l e n t plane f l o w s w i t h constant d e n s i t y and no suction o r blowing can be w r i t t e n ( r e f . 4 ) :
u_ d x l v ' I f K i s p o s i t i v e , and i f the t e r m w i t h K i n i t i s l a r g e r than the Cf term, the t u r b u l e n t boundary 1 ayer approaches an equi 1 i b r i um o r s tab1 e condi- .
The e f f e c t s o f r e l a m i n a r i z a t i o n i n r o c k e t nozzles were f i r s t n o t i c e d around the 1950's as a r e d u c t i o n i n nozzle w a l l heat t r a n s f e r . During t h i s period, very l a r g e e f f o r t s i n r o c k e t engine research were beginning. Essent i a l t o these e f f o r t s was the measurement o f combustion chamber and nozzle heat t r a n s f e r rates, e s p e c i a l l y around the t h r o a t section where heat t r a n s f e r r a t e s are the highest. A t t h a t time, t u r b u l e n t boundary-layer flow, which produces roughly twice as much heat t r a n s f e r as laminar flow, was assumed. However, the measured heat f l u x e s were s i g n i f i c a n t l y lower than p r e d i c t e d i n the t h r o a t section using t h i s assumption. I t was speculated t h a t the r e d u c t i o n i n heat t r a n s f e r was due t o the onset o f reverse t r a n s i t i o n , o r r e l a m i n a r i z a t i o n o f the boundary layer. At that point, no other experimental evidence was avai 1 able to support thi s theory. Therefore, several studies were conducted , to explore this phenomena and-its-effects.
Moretti and Kays (ref. 5) measured heat transfer of low velocity air with
accelerating turbulent flow along a flat plate with varying wall temperature and varying freestream velocity. In this study, they used the acceleration parameter K as a measure of the acceleration effect. The acceleration param-. eter is essentially the ratio of a geometric acceleration parameter t o the local Reynolds number based on chamber diameter, and is usually defined as:
Moretti and Kays found that at moderate values o f K, there was a lower average turbulence intensity than found without flow acceleration. In fact, at values of K greater than 3.3xl0-~, the heat transfer decreased sharply and approached the value for a purely laminar flow. At K > 3.5~10-6, there was no further reduction in heat transfer. It is important to note that these results were for a heated wall where heat transfer occurred from the wall to the fluid.
Back, Cuffel and Massier (ref. 6) performed boundary-layer and heat trans-
fer measurements for air flow through cooled, conical nozzles. Velocity and temperature prof i les across the boundary 1 ayer were determined by measuring total pressure and total temperature. They found that at the higher chamber pressures, the heat transfer matched that o f a turbulent flow. At lower pressures, they found a reduction in heat transfer along the convergent section. From their results, they estimated Kcr as 2 x 1 0 4 to 3x10-6 where they defined K as:
The boundary-layer measurements showed a change in the velocity and temperature profile near the wall at large values of K. In fact, the profiles became laminar-like. With regard to rocket nozzle geometry, they found that there was a greater reduction in heat transfer in the throat section o f a nozzle with a larger half angle of convergence, but the same contraction area ratio. Therefore, their results suggested that an increase in the convergent half angle increases the effect of acceleration.
They also noted that there was a lag in the thermal response to acceleration. Their conclusions were that acceleration affects the velocity distribution in a flow undergoing re1 aminarization more than it affects the temperature distribution. The implication, then, is that relaminarization effects occur at larger Reynolds numbers than would be indicated by the measured heat transfer. Thus, although the measured heat transfer may be characteristic o f a turbulent boundary layer, acceleration may be affecting the friction coefficient and hence the drag may be less than for turbulent flow.
Schoenman (ref. 7) presented thermal data from four different thrust chambers with different propellants. The data from his tests and other small
engine tests suggested that below a throat diameter Reynolds number o f 2x105, a1 1 nozzles wi 1 1 have laminar boundary-layer flow. In the Reynolds number range between 2x105 and 4x1 05, the boundary-layer characteri sti cs may be 1 aminar, transitional, or turbulent depending upon the geometry, surface roughness, and the combustion effects. and Reg = -
One o f the most significant studies was done by
f ' w " e " w
He presented his results in the form of a "laminarization map" which defined the regions of complete suppression of turbulence (laminar flow), partial suppression (transi tional flow), and no suppression (turbulent flow) for boundarylayer flow over an adiabatic wall. The purpose of the map was to plot the predicted boundary-1 ayer conditions along a given nozzle wall as a trajectory on this diagram. Entry of the trajectory into the region defined for relaminarization indicates the onset of laminarization for that device.

Another significant study (ref. 9) was done in which heat transfer and boundary-layer measurements were obtained for hot air flow through the convergent section of a cooled nozzle with a 30° half angle of convergence. The study was performed over a range of chamber pressures corresponding t o throat diameter Reynolds numbers o f 6 x 1 0~ to 50x105. Boldman found that the throat heat transfer at a throat dlameter Reynolds numbers below about lo6 was equal t o that predicted for a laminar boundary layer. He also found that at the lower chamber pressures, a1 though the boundary-layer prof i le upstream of the convergent section indicated turbulent flow, a profile taken in the convergent section was a1 tered suggesti ng transi tion towards a 1 ami nar-type boundary layer. Within this study, an axisymmetric acceleration parameter was derived from the integral momentum equation for axisymmetric flow. This parameter Kax was defined as
A critical value of Kax, Kaxcr, was estimated using the criteria for flat plate boundary-1 ayer transition and was found to be 2.88~10-6. Bol dman found that calculations of Kax could be used to predict the depressions in heat transfer due to flow acceleration and relaminarization. However, it was noted that although Kax was less than Kaxcr at the throat for the lower chamber pressures, laminar heat flux was measured. Therefore, it appears that high values of Kax upstream affected the boundary layer downstream to the point o f lowering Kaxcr.
Following the above mentioned studies and several others, it was determined that for rocket nozzles relaminarization is controlled by the chamber contour and by the product of chamber pressure and thrust at the throat plane, since this product determines the throat diameter Reynolds number (ref. 10 ). Large convergence angles , 1 arge contraction ratios, and small throat radi i o f curvature promote relaminarizatlon. It was also found that high values of K upstream of the throat could lower Kcr near the throat.
A summary of results from several studies appears in reference 10. A suggested upper limit for relaminarization is set at a value of chamber pressure times thrust less than 105 lbf2/in.2. Further, the transition zone, or throat di ameter Reynolds number range where the re1 ami nari zation process i s started but not completed, is estimated t o extend from 2 x 1 0~ to 17x105, depending on the convergence angle.
As mentioned previously, the significance o f studies on boundary-1 ayer development and relami narization i s to enable rocket engine designers to predict heat transfer in the combustion chamber and throat section. This information is necessary to design engine cool ing systems. Currently, the concept of a high performance, compact (high chamber pressure) space engine is being evaluated. This concept includes the use of large area ratio nozzles. Because of the large area ratio, boundary-layer drag is a significant factor in evaluating the design for optimal performance. According t o prediction, turbulent boundary-layer drag reduces the thrust performance for the NASA Lewis 1030:l nozzle about 3.5 percent below the performance predicted for a completely laminar boundary layer (ref. 1 1 ) . Therefore, it is important to understand the boundary-layer development in large nozzles such that the correct drag and, thus, correct performance can be predicted for specific run conditions. Tests have been performed on a 1030:l nozzle contour at a low chamber pressure which resulted in laminar flow as evidenced by the experimental nozzle wall heat transfer. Tests need t o be done on the same nozzle at a pressure which produces fully developed turbulent flow. To do these tests, it is necessary t o define the chamber pressure at which acceleration has no effect on the boundary layer in the nozzle. Not only will this help to define an experimental program, but it will also provide insight into the design o f similar space engines.
APPARATUS AND INSTRUMENTATION
Test Facility
Testing was done in the altitude test capsule at the NASA Lewis Rocket Engine Test Facility (RETF). The thrust stand used in this facility was capable of measuring 3000 lb. full scale and was attached to a foundation that was separate from the test capsule bulkhead. The thrust stand was designed to have a 2 0 (standard deviation) variation of less than 20.1 percent of full scale, and was calibrated against a load cell that had a 2 0 variation of less than 20.05 percent of , full scale.
Test Hardware
The NASA Lewis 1030:l thrust chamber hardware consists of three components: the combustion chamber, throat section, and nozzle skirt. 
Instrumentation
Nozzle outer-wal 1 temperatures were measured by chromel-cons tantan and chromal-alumel thermocouples spot-welded to the nozzle surface. These thermocouples were referenced to a 150 O F oven. A calibration point was taken on the thermocouples prior to testing. The results indicated a1 1 the thermocouples were within 2 3 OF accuracy. Four thermocouples were equally spaced circumferential ly at axial locations corresponding to area ratios o f 50, 100, 200, 300, 388, 500, 635, 800, and 975. Thermocouple outer wall measurements were not taken on the throat section since it was cooled hardware.
Pressure taps were placed in the nozzle wall at the same axial positions as the thermocouples. These static pressure measurements were used to affirm that the flow in the nozzle was fully expanded.
ANALYSIS
Fluid properties, nozzle-wall heat transfer, and thrust performance were predi cted using version 2.4 (December 1984) of the Two-Dimensional Ki neti cs (TDK) nozzle analysis computer code (ref. 14). TDK calculates the twodimensional and kinetic effects on the performance of 1 iquid propel lant exhaust nozzles. The basic method of analysis used is the method of characteristics for kinetic expansions. A Boundary-Layer Module (BLM) has also been included in this program which takes the inviscid fluid properties predicted with the method of characteristics and calculates wall-heat flux and boundary-layer drag. Within BLM, the continuity, momentum, and energy equations for compressible boundary-layer flow in a symmetric nozzle are solved using a two-point finite difference method developed by Keller and Cebeci (ref. 15). The turbulence model used is the Cebeci-Smith eddy-viscosity formulation (ref. 16) which has been tested for many types of flows with various boundary conditions.
Hardware specifications and test conditions were used t o write the input files to TDK so that this program would accurately model the nozzle performance. The experimental results used in the input fi les were: chamber pressure, mixture ratio, fuel injection temperature, oxidizer injection temperature and experimental ly determined nozzle inner wall temperatures. 
Boundary-layer edge conditions in the combustor were input to the program based upon estimated values since no data was taken in the combustor. Wall temperatures in the throat section were also input based upon estimated values. To determine the sensitivity of the estimated wall temperatures in the throat section on the predicted results, the TDK program was first run with the estimated wall temperatures. Then, it was run again with a 25 percent increase in the wall temperatures. It was run a third time with a 25 percent decrease in
DATA REDUCTION
During each 3-sec test run, thrust measurements, nozzle wall static pressure, and nozzle outer-wall temperatures were taken. These measurements were taken at a rate of 50/sec, averaged in groups of five, and displayed at 0.1 sec intervals. The nozzle wall static pressure measurements indicated that the nozzle flow was fully expanded in about 2.5 sec. All the data presented in this report was collected immediately before the engine was shut down. All the data for the 350-psia chamber pressure tests are from references 1 and 2.
Thrust was measured using a specially designed thrust stand which could measure 3000 lb. full scale and had a 20 variation of less than 50.1 percent of full scale. To account for a zero shift due t o variations in ambient (capsule) pressure, a correction was added t o the measured thrust as a function of the capsule pressure. Then, vacuum thrust was calculated as:
As mentioned previously, nozzle outer-wall temperatures were measured at several axi a1 locations. Heat f 1 ux and i nner-wal 1 temperatures at each thermocouple location were determined by solving the energy equation:
Assuming constant properties, no axial o r circumferential conduction, adiabatic outer-wal 1 and a 1 i near rate of temperature ri se, the fol lowing equations were obtained :
Thus, inner-wall temperatures and heat flux t o the wall were calculated using the measured outer-wal 1 temperature To, the measured temperature ri se rate (aT/at>, and properties of the carbon steel wall.
As mentioned previously, four temperature measurements were taken at each axial location. For each of these measurements, a heat flux was calculated. These four values were then averaged to determine the heat flux at that axial location. Also, in order t o account for the effect of combustion efficiency, the fluxes were adjusted in the following manner:
The term (tlC*)2 represents the adjustment for combustion efficiency based on the fact that c* is proportional to the square root of the total chamber temperature.
RESULTS
'
The purpose o f this study is to define the zones o f laminar, transitional, and turbulent boundary-layer flow for the NASA Lewis 1030:l rocket nozzle. These zones will be established in terms o f the throat-diameter Reynolds number, which is determined by the chamber pressure and throat size. The procedure used in this paper to determine the flow zones is as follows: First, the rocket nozzle was tested at various chamber pressures while measuring thrust and nozzle outer wall temperature. Static pressure measurements were also taken and indicated fully expanded flow for the test runs discussed in this report. Then, the TDK program was run to match each test case assuming (1) laminar flow which transitions to turbulent in the combustor, and (2) completely laminar flow throughout. Next, the experimental wall heat flux was compared to the predicted fluxes for the two theoretical cases to infer the state of the boundary-layer development. Also, the thrust was compared to predictions to determine if the drag produced compared with that of a turbulent or laminar boundary layer. Lastly, predicted fluid properties were used in conjunction with results from previous relaminarization studies to estimate the state of the boundary layer.
Heat Transfer
Figures 5 to 9 are plots of the experimental and predicted wall heat fluxes along the nozzle skirt for similar mixture ratios and chamber pressures of 360, 656, 747, 984, and 1004 psia, respectively. As shown, at 360-psia chamber pressure, the measured fluxes fall on the plot o f the TDK prediction for laminar flow. As the chamber pressure increases, the experimental fluxes approach the turbulent plot. These results infer that at a chamber' pressure of 360 psia, the flow was laminar. As the chamber pressure increased, the flow became transitional. In figure 9 , at a chamber pressure of 1004 psia, the experimental fluxes fa1 1 about one-half way between the turbulent and laminar plots until near the end of the nozzle where the fluxes approach the turbulent plot. This infers that the flow was still transitional, but was almost fully developed turbulent flow when it reached the exit plane. 
As a cross-check, figures
